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An overview of basic aeroheating design issues for Reusable Launch Vehicles (RLV), 
which addresses the application of hypersonic ground-based testing, and computational fluid 
dynamic (CFD) and engineering codes, is presented. Challenges inherent to the prediction of 
aeroheating environments required for the successful design of the RLV Thermal Protection 
System (TPS) are discussed in conjunction with the importance of employing appropriate 
experimental/computational tools. The impact of the information garnered by using these 
tools in the resulting analyses, ultimately enhancing the RLV TPS design is illustrated. A 
wide range of topics is presented in this overv iew: e.g. the impact of flow physics issues such 
as boundary-layer transition, including effects of distributed and discrete roughness, shock- 
shock interactions, and flow separation/reattachment. Also, the benefit of integrating 
experimental and computational studies to gain an improved understanding of flow 
phenomena is illustrated. From computational studies, the effect of low-density conditions 
and of uncertainties in material surface properties on the computed heating rates are 
highlighted as well as the significant role of CFD in improving the Outer Mold Line (OML) 
definition to reduce aeroheating while maintaining aerodynamic performance. Appropriate 
selection of the TPS design trajectories and trajectory shaping to mitigate aeroheating levels 
and loads are discussed. Lastly, an illustration of an aeroheating design process is presented 
whereby data from hypersonic wind-tunnel tests are integrated with predictions from CFD 
codes and engineering methods to provide heating environments along an entry trajectory as 
required for TPS design. 


I. Introduction 

Over approximately the last decade, a significant effort has been expended by NASA and industry partners in 
trade studies examining design issues for RLVs. One technology area that has not always received sufficient 
emphasis in the vehicle design process, but is requisite to a successful mission, is the accurate determination of the 
aeroheating environment. The purpose of this paper is to present a perspective on technical issues related to the 
aeroheating design of reusable vehicles. While the announcement in January 2004 of a new vision for the United 
States civil space program based upon exploration of the moon. Mars, and bey ond ushered in a return in interest to 
capsule vehicles (i.e. Apollo like), there nevertheless remains an interest within the Department of Defense 
community on reusable winged-body vehicles primarily because of their greater performance capability and 
operational flexibility . The present discussion will utilize existing computational and experimental research studies 
to illustrate the significance and relevance of the design issues highlighted herein, and will focus primarily on the 
understanding gained when appropriate tools are employ ed. The perspectives presented herein are parochial in the 
sense that they are limited to experiencesTmowledge of the present authors. For example, the experimental 
aeroheating studies presented are based mainly on data gathered with the two-color relative-intensity phosphor 
thermography optical acquisition technique 1 as applied in the Langley Aerothermodynamic Lab (LAL: comprised of 
three conventional-type blowdown hypersonic wind tunnels). This non-intrusive global technique has become the 
primary tool used in aeroheating studies conducted by the Aerothermodynamics Branch (AB) at the Langley 
Research Center (LaRC) and has proved to be extremely valuable to many studies of the X-vehicles, e. g.. the X-33, 
X-34. X-37, X-38. and X-43 as well as to the Space Shuttle Columbia accident investigation and return to flight 
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activities. The method provides global information not available using discrete measurements such as thin-film 
gages. Similarly, the computational topics are based on tools developed and applied by the AB and the Vehicle 
Analysis Branch (VAB) at LaRC. The numerical results discussed in this paper were obtained with the Langley 
Aerothermodynamic Upwind Relaxation Algorithm 2 (LAURA), the Langley Approximate Three Dimensional 
Convective Heating 3 (LATCH) and the MINIVER 4 codes. Computational and experimental topics will address 
several key issues, including boundary-layer transition, shock-shock interactions, flow separation/reattachment, low- 
density effects (viscous interactions), uncertainties in material surface properties, and factors in design trajectory 
selection. For the computational topics, no discussion will be allocated to algorithm assessment, surface or volume 
grid issues, or convergence schemes. The importance of these topics to RLV aeroheating design issues are 
significant, but are addressed in detail in many investigations (e.g. Ref. 2). A final section will provide an 
illustration of the coupling of the experimental and computational efforts to produce the required aeroheating data 
for TPS design. 



Fig. 1 Schematic of Langley two color thermographic phosphor system. 


II. Methodology’ 

In this section, a general overview of the experimental and analytical methods used by aerothermodynamic 
investigators at LaRC is presented. Appropriate integration of these methods in the existing studies has enabled 
researchers to focus attention to a high level of detail on issues critical to RLV aeroheating design efforts. 

A. Experimental Methods 

The heating data presented in the paper were measured with a two-color relative-intensity phosphor 
thermography measurement technique 1 . A sketch of this experimental optical acquisition system is shown in Fig. 1. 
A mixture of phosphors that fluoresce in the red and green visible spectrum is used to coat a slip cast silica ceramic 
model. The phosphors fluoresce when illuminated by ultraviolet light, and the intensity of the fluorescence is 
dependent upon the phosphor temperature. Fluorescent intensity images are acquired, and a pretest calibration 
allows for the fluoresced images to be converted to temperature values. The temperature data are then reduced to 
heat-transfer coefficients using a one-dimensional heat conduction analysis. These heating data have been 
compared 5 with corresponding data from thin-film gauges yielding very good results. The phosphor experimental 
heating technique has been the “work horse” for the LaRC AB aeroheating study programs for over a decade. There 
are two main advantages of this technique over conventional transient thin-skin calorimeter and thin-film resistance 
methods. The first is the global resolution of temperature/heating data that provides the detailed information of 
specific flow features. The second is that model fabrication is more rapid by more than an order of magnitude, and 
thus model costs are much less than models used for conventional test techniques. An example of the wealth of 
information that is provided with this experimental technique is shown in Fig. 2 where the variation in transition 
patterns with angle of attack (AOA) is illustrated in Ref. 6. At the lower AOA (Fig. 2(a)), two lobes define the 
transition onset boundary, and at the higher AOA (Fig. 2(b)), a parabolic shape defines the transition zone. The two- 
lobe pattern in Fig. 2(a) is attributed in Ref. 7 to a tuming-in of the streamlines resulting in a thicker boundary layer 
along the centerline. 
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(a) a = 30 deg (b) a = 40 deg 


Fig. 2 Effect of angle of attack on “smooth” forebody transition for 
M = 6 and Re = 4xl0 6 /ft 

Flow visualization information is obtained with schlieren systems and oil flows. The LaRC 20-inch Mach 6 Air 
Tunnel 8 is equipped with a pulsed white light Z-pattem single-pass schlieren system. The field of view includes the 
entire 20-inch test section. The oil-flow technique enables the tracing and analysis of surface streamline patterns and 
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While most of the data presented in this overview paper were measured in the Mach 6 air facility', it should be 
noted that good qualitative-quantitative heating data are also obtained in the 31 -Inch Mach 10 Air Tunnel and the 
20-lnch Mach 13-18 Simulator. Also, the experimental methods used in the schlieren and oil flow processes have 
been significantly upgraded over those used to obtain the data reviewed in this paper. 

B. Computational Methods 

LAURA 2 is a Navier Stokes code that is applied as a high speed viscous and inviscid flow solver, used 
primarily for steady conditions. The algorithm is based on a finite volume shock capturing upw ind technique. 
LAURA includes perfect gas, equilibrium, thermal and chemical nonequilibrium air models for flowfield 
calculations as well as gas models for CF 4 and for the major planets. The LAURA code is unique in its ability to 
resolve boundaiy -layer and bow-shock gradients by virtue of a grid-adaptation procedure. 

The LATCH engineering code" is based on the axisymmetric analogue for three-dimensional boundary lay ers 
and is used in many of the studies in this overv iew to compute the local boundary -lay er edge properties, pertinent to 
parameters ty pically used in the determination of boundary-layer transition onset, as well as to compute the local 
heating levels. In the calculation of the local properties, the code uses the inviscid flow field solution from LAURA 
and also incorporates an entropy-swallowing technique. The calculations are performed in a generalized body-fitted 
coordinate system and are based on solution of the integral momentum equation along streamlines. An approximate 
heating technique 9 for laminar and turbulent flows is incorporated in the procedure. Predictions based on these 
heating equations have been shown to yield good agreement with experimental ground- and flight-test data and with 
CFD predictions at planetary and earth-entry conditions (e.g. Refs. 3 and 9-1 1 ). 

MINIVER 3 4 is a versatile engineering code that uses various well-known approximate heating methods, together 
w ith simplified flowfields and geometric shapes to model the vehicle. Postshock and local flow properties based on 
normal-shock or sharp-cone entropy conditions are determined in MINIVER through user selection of the various 
shock shape and pressure options. The calculations can be based on perfect-gas or equilibrium-air chemistry . AOA 
effects are simulated through the use of either an equivalent tangent cone or an approximate cross-flow option. The 
flow can be calculated for either two- or three-dimensional surfaces. However, the three-dimensional effects are 
available only through the use of the Mangier transformation for flat-plate to sharp-cone conditions. MINIVER has 
been used extensively as a preliminary design tool in government and industry and has been shown to be in good 
agreement with Shuttle orbiter data, other ground- and flight-test data in Refs. 12-14 as well as CFD calculations in 
Refs. 13 and 14. 
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III. Discussion 

In this section, aeroheating issues that can impact RLV design are reviewed. Observations are generally based 
on data from the published literature and the technical experience of the authors. The existing data illustrate the 
valuable database that can result when appropriate methods are employed. The issues that are addressed include 
boundary-layer transition, shock-shock interactions, low-density effects, uncertainties in material surface properties, 
and factors in design trajectory selection. A review of an integrated process to develop an aeroheating database for 
TPS design will also be presented. For any entry vehicle design, the heating level and load contribute to the TPS 
selection and sizing. During the TPS design phase, heating time histories are typically computed with engineering 
codes that have been benchmarked with a limited number of CFD cases and/or experimental ground-test data. 
Freestream conditions and vehicle geometry issues, as well as other factors can affect the predicted heating levels. 

A. Issues 

Transition Onset : The stability of the laminar boundary layer has been the topic of many studies (e.g. Refs. 15-22). 
The practical application of transition onset in the aeroheating/TPS design of entry vehicles has likewise been the 
focus of many studies (e.g. Refs. 23-31). A primary concern is that transition, with the associated increased heating 
levels, will occur during the high-heating portion of the entry trajectory with a potential negative impact on the TPS. 
However, we recognize the significant role trajectory tailoring 1 ' can play in delaying transition onset for winged- 
and lifting-body entry vehicles. Early transition can be promoted due to surface roughness, but the manufacturing 
and processing departments at major aerospace firms have gained valuable experience in the control of surface 
roughness during the manufacturing process through the technology development programs for various X-vehicles. 
Surface roughness control technology is presumably more mature for ceramic tile systems than for metallic TPS. 

Many of the early transition studies were limited by the lack of global measured data over the model. The two- 
color phosphorus technique provides the flexibility to take measurements over a range of conditions such that a 
detailed map of transition onset can be generated. While more data are now available, the question remains as to 
how the data should be reduced and applied to flight conditions. The approach used by the experimentalists and 
computationalists in the AB at the LaRC is to define the local conditions at the location of transition onset in terms 
of the ratio of local momentum thickness Reynolds number to the local Mach number. This ratio will hereafter be 
referred to as the transition parameter. This parameter is one of many used in past studies (e.g. Ref. 30) to 
characterize transition onset and was the defining transition parameter used in the Shuttle orbiter design -4 . The 
uncertainty lies mainly in the selection of the appropriate value for this ratio on smooth and rough surfaces. 



x/L x/L 


(a)Extraction of experimental transition points. (b) Correlation with computed Re„/M c . 

Fig. 3 Determination of “smooth body” value of Ree/M,. for M = 6, a = 40 deg, Re = 4xl0‘/ft 

To illustrate how the transition parameter has been applied by the AB researchers to ground- and flight-test 
conditions, a brief review of X-33 transition studies is presented. In Ref. 6, a smooth body value of the transition 
parameter was defined; effects of discrete trips along the centerline on transition were quantified, and the application 
of these data to a trajectory corridor was demonstrated. In Fig. 3(a), the procedure for determining the transition 
location is shown. For selected cut lines on the heating images, transition is inferred from the location where the 
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heating initially diverges from the laminar trend (e.g. x/L~0.5 in Fig. 3(a)). Evaluating data at several test cuts of the 
heating image allows the transition data shown in Fig. 3(b) to be obtained. A match of these experimental data is 
then obtained by computing different values of the transition parameter and comparing them to the measured data. 
For this configuration, a good comparison is shown for a transition parameter value of 300. When all test conditions 
of Reynolds number and AOA were considered, there was only about a ten percent variation in the value that was 
observed. 

In Ref. 7. surface roughness effects on transition onset were investigated using two forms, discrete and 
distributed (wavy wall) roughness, at several locations on the vehicle. In relation to a flight vehicle, discrete 
roughness elements might represent protruding gap fillers or the raised comer of a metallic panel. The distributed 
roughness elements can be thought of as the equivalent roughness values assigned to gaps, steps and tile surface 
conditions for a ceramic tile system or bowed panels for a metallic system. The discrete and distributed roughness 
designs investigated are shown in Fig. 4. A typical discrete element is shown in Fig. 4(a) along with the various 
steps heights employed in the study. Figure 4(b) illustrates a layout of the elements along the centerline and at three 
attachment lines for 20-. 30- and 40-deg. AOA. Figure 5 demonstrates the advantage of combining experimental 
and computational tools in an investigation and the insight that can be gained. The results of the computational tools 
are seen in Fig. 5 in the placement of the series of fiducial marks show n on the model noting the 20-. 30- or 40- 
degree attachment lines. The fiducial marks were located on the model based on calculated results from LATCH. 
The experimental and computational results used to determine streamline paths and ultimately an attachment line are 
shown to be in good agreement. The comparison 7 shown in the figure is for the location of the attachment line at 30 
deg. as depicted by oil flow and computational results. Certainly it is recognized that the agreement of viscous oil- 
flow results and inviscid computed streamline results could be questioned, but no further discussion was offered in 
the reference. Figure 4(c) shows the distributed (wavy wall) roughness patterns used in the test to simulate the 
bowed metallic panels. The analysis of Ref. 32 for the X-33 demonstrator showed that outward bowing of the 
metallic panels would occur due to thermal gradients and that heights as large as 0.25 inches could be expected for 



(a) Trips showing orientation. (b)Trip locations and fiducial marks 

width, and height. 



Fig. 4 Surface roughness. 
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AL4-40 


Fig. 5 Surface streamlines showing attachment line location for a = 30 deg 
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Fig. 6 Roughness transition correlation. 

For a range of Reynolds numbers at a given AOA in the Ref. 7 study, trip locations were recorded for the 
maximum Reynolds number at which laminar flow was maintained downstream of the trip (referred to as incipient) 
and for the minimum Reynolds number at which transition occurred at the trip location (effective). It should be 
noted that the terms ‘'incipient” and “effective” are used here as defined in Shuttle orbiter transition studies 24 . At 
these trip locations, the LATCH code was used to compute boundary-layer edge properties that were then used to 
determine the values of the transition parameter. The resulting formulation is presented in Fig. 6. (Note that these 
results are also presented in Ref. 6.) The horizontal axis is defined as a ratio of the step height to the boundary-layer 
thickness. Below the incipient curve, the flow is laminar and above the effective curve, the flow is turbulent. 

The results of Fig. 6 have two important uses. One use is the determination of allowable roughness heights for 
which the flow is expected to remain laminar. For example, if the value of the transition parameter is selected as 
250, then the ratio of boundary-layer to roughness height is 0.2 as obtained from the incipient curve. The LATCH 
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code can be used to map the boundary-layer thickness over the body at a given flight condition, and the 
corresponding allowable surface-roughness heights determined. These heights can be compared to allowable 
manufacturing tolerances to assess whether the surface roughness of the "as built” vehicle is likely to trigger 
transition prematurely. The second potential use of the formulation presented in Fig. 6 is the incorporation of the 
transition parameter in the development of a unique analytical method'’ that enables the prediction of transition on 
the vehicle over the range of altitudes, velocities, and angles of attack pertinent to the development of an entry 
trajectory profile. This approach is shown conceptually in Fig. 7 for a given value of the transition parameter and 
body location. The analytical tool can be incorporated in an entry trajectory simulation to shape trajectories such that 
transition onset is delayed and represents a major contribution to the aeroheating design process for an RLV. The 
analytical technique that was conceived in Ref. 6 utilized LATCH predictions to map the transition surface. A 
similar analytical result using the MINIVER code was developed in Ref. 3 1 and presents a more viable engineering 
approach for implementing the method within trajectory simulations. 



Several investigators have suggested that boundary lay ers are more sensitive to being tripped to turbulent flow 
for a roughness element located along an attachment line than for an element located along the centerline. However, 
it was found that transition data measured with discrete trips along the attachment line were bounded by the results 
for the centerline trips shown in Fig. 6. Thus, at least for the X-33 vehicle, the attachment- line roughness elements 
did not exhibit a greater potential for tripping the boundary layer than the centerline elements. Finally , distributed 
roughness was shown to be less effective in promoting transition than the discrete trips, but it was noted that a larger 
portion of the body was influenced. A summary of the X-33 transition data for both smooth and rough surfaces 
based on the transition parameter versus the freestream Rey nolds number is presented in Fig. 8. 


500 


Experimental transition onset at x/L = 08 



Fig. 8 Comparison of wind-tunnel results of smooth, bow ed, and discrete trip tests to flight criteria 
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Shock-Shock Interaction : Shock-shock interactions represent a region of complex flows and, for the bow-shock 
wing-shock region, the interaction location is likely to represent the highest heating area on winged entry vehicles. 
This region was the focus point of the recent Shuttle Columbia investigation”^ 4 . This bow-shock wing-shock flow 
region can also produce some interesting experimental challenges in data interpretation. For instance, the planform 
schlieren image given in Fig. 9(a) for the X-34 model’ 5 appears to show the bow shock interacting with the wing 
leading edge at an outboard location. However, this experimental result is not confirmed by oil flows or 
experimental heating images (Figs. 9(b) and 9(c) respectively). The oil flows and heating images show the shock 
interaction on the wing to occur at a more inboard location. This discrepancy was eventually resolved with further 
investigation, aided significantly by the examination of the CFD solution’ 6 shown in Fig. 9(d). From the figure, the 
Mach contours show two results -- first, the false location that would be inferred from the schlieren planform image, 
and second the computed shock interaction location confirmed by the oil flow and heating data. 

A somewhat more perplexing result was obtained in the final heating tests j7 of the X-33 model. As the X-33 
investigation matured, the vehicle configuration evolved. One change was that the body flaps were lengthened to 
improve vehicle control. It is also important to note that the X-33 body flaps are located outboard to either side of 
the centerline. Tests on the modified configuration showed an unexpected heating increase (Fig. 10(a)) downstream 
of the flow separation/reattachment location. The cause of the heating increase was not immediately obvious and, 
for a time, thought to be an anomaly in the experimental process. Oil flow tests (Fig. 10(b)) also showed evidence of 
a disturbance in this area, thus dispelling this notion. Further experimental investigation aided by CFD results' 8 led 
to the conclusion that the cause of the disturbance was the close proximity of the deflected flap shock to the 
windward bow shock from the nose. The shock interactions produce an expansion fan intersecting the body flap. 
This effect is apparent in the predicted flowfield density contours and body-flap surface pressures shown in Figs. 
10(c) and 10(d) respectively. The CFD solutions’ 8 ’ 9 also showed the expected decrease in the flap effectiveness as 
well as a heating increase in the region shown by the experimental heating results. 



Fig. 9 X-34 wing shock interaction at M = 6 and angle of attack = 15 deg. 
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Flow Separation Boundary Laver Reattachment : Boundary-layer separation and reattachment must be understood 
adequately to ensure a successful vehicle design because they can affect the aerodynamics and local heating. Data 
illustrating these flow effects are presented not only to note that these issues couid seriously impact the vehicle 
design, but also to again demonstrate the wealth of information available to the investigator through use of the 
experimental technique. Figure 1 1 shows the influence of flow separation, reattachment on deflected control surfaces 
for the X-38 vehicle 4 . The heating data (Figs. 1 1 ( a-c )) ahead of the body flap and the separation region are 
essentially independent of Reynolds number suggesting laminar flow. However, on the body flaps the heating levels 
are seen from these three figures to increase with Reynolds number indicating non-laminar flow. The investigation 
also included an upstream trip to ensure turbulent flow on the deflected flap. These data, presented in Fig. 1 1(d), 
show higher forebody heating and a relatively large decrease in the separation distance. However, the body flap 
heating is lower than shown for the untripped data in Fig. 11(c). It should be noted that heating on body flap in Fig. 
11(c) is off-scale high. Thus, it appears that forebody turbulence reduces the downstream flap heating, and thus 
forebody turbulence may not represent the appropriate design condition for deflected body flaps. Similar 
experimental results were also presented in Ref. 37 for heating on the X-33 deflected body flaps. 



Body flap 

la) Heating image. 



(b)Oil flow. 



(e) Density contours. 
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Fig. 10 Expansion fan impingement on X-33 body flap at M„ - 6. 

Vehicle QML Design Shaping : In the preliminary design phase of many proposed vehicles, the lines are often 
rapidly generated. The associated experimental or computational studies based on grids from early lofts sometimes 
demonstrate unexpected vehicle flow characteristics. Such was the case for a study of a proposed Assured Crew 
Return Vehicle (ACRV) documented in Ref. 41. In Figs. 12(a) and 12(b), oil-flow and heating data show non- 
uniform flow at fairly low angle of attack emanating from the change in planform contour. These flow 
characteristics were observ ed for angles of attack of less than approximately 25 deg. The streamlines were more 
uniform in behavior and were shown to turn outward at angles of attack greater than approximately 40 deg. (not 
shown herein). If the investigation had continued, there were plans to pursue a slight planform change to ensure 
more uniform flow over a larger AOA range as well as to reduce the high heating region. 
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Normalized Heating 


(a) Re = 0.6x1 0 6 /ft 


(c) Re = 2.2x1 0 6 /l't 




(h) Re = I.2xl0 6 /fl 


(d) Re = 2.2x 10 6 /ft. k = 0.0075in 


Fig. 11 X-38 boundary-layer separation/reattachment at 
Mach = 10, angle of attack = 40 deg and 25 deg deflected body flap. 
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(a) Oil flow patterns (b) Heating contours 


Fig. 12 Effects of planform shaping on surface data. 

A more recent design study demonstrated a possible problem inherent to winged entry-vehicle concepts that 
must carry large propellant tanks within the fuselage. Vehicle designers, in an attempt to steer away from the wing 
passing through the structure and posing additional problems of how to deal with the internal tanks, opted to pass the 
wing structure under the fuselage. The implication of a rather large “bump” on the windward surface of a hypersonic 
vehicle and the potential for transition may not have been intuitive to the designers. Possibly, the challenge of 
integrating the wing structure and the dilemma of dealing with the internal tank packaging were greater problems to 
overcome. Nevertheless, the resulting bump on the windside became a major concern for the manufacturer. The 
effective roughness of the bump was found to be larger than many of the roughness conditions noted to cause 
premature transition on the Shuttle 2 ’. Figure 13 illustrates the effect of the bump on the local and downstream 
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surface properties, namely the heating rates and surface pressure. Figure 13(a) is a heating image of the windward 
surface (unpublished measured results obtained by Dr. Scott Holland and Michael DiFulvio of the AB) and shows 
the dramatic effect the bump has on the downstream heating. Figures 13(b) and 13(c) are comparisons of the 
predicted heating rates and pressures at and downstream of the bump location. The comparisons are based on 
predicted results using the LATCH and MINIVER codes with heating increases noted over pre-bump levels to be as 
large as a factor of 5. A study (unpublished) was performed to assess the effect of the bump and the cost (in dollars 
and weight) to replace and resize the TPS to accommodate higher heating associated with early transition over the 
majority of the vehicle acreage. An alternative approach considered was fairing the bump forward, thus mitigating a 
significant forw ard facing step on the windside. but the program w as halted prior to completion of this aspect of the 
trade study. 



(a I Heating image 


LATCH MINIVER 

M = 13 5 a = 36 6* all = 192 kft EQ o 


M = 1 1 0 a = 36 6‘ alt = 1 55 kft EQ s 




(c) Predicted pressure 


Fig. 13 Effect of bump on windw ard centerline surface data. 


Further examples of experimental and/or computational data driving the modification of a vehicle OML have 
been encountered in a recent study. The entry vehicle, as designed, employs a tile system to protect the wing leading 
edge. The relatively small wing-leading-edge radius for the initial design led to computed leading-edge heating 
levels that exceed the current TPS capability. In a very fast paced effort, a wing redesign was initiated: several wing 
designs were lofted: grids were developed: and solutions obtained in a trade study to find an acceptable design. 
Figure 14 shows the maturation of the trade study relating to the shock structure as an acceptable wing evolved, and 
Fig. 15 presents the predicted heating rates for selected wing configurations. In Fig. 14, the OML was modified by 
increasing the strake angle outward as well as increasing the leading edge radius and the wing sweep. The effect of 
these changes was to diminish the strength of the shock interaction on the wing. The results shown in Fig. 15 clearly 
indicate the dramatic reduction in heating levels at the shock intersection region. While it is recognized that the bow- 
shock wing-shock intersection usually represents the region of highest heating on the wing, the wing tip can also 
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represent a potential region of high heating and must be monitored through any redesign of the wing. The shaping of 
the nose and forebody of the vehicle was likewise found to be a problem. The original nose geometry had to 
reshaped because it was shown by CFD analysis (Fig. 16) that, for the high AO A, the smaller nose was producing a 
region of rapidly expanding flow (similar to a comer on a capsule) and consequently increased heating levels. Note 
that the design heating rates were initially computed with classical boundary-layer assumptions using engineering 
techniques that did not account for viscous effects. 
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Fig. 14 Wing parametric study and redesign. 



Fig. 15 Wing leading-edge heating. 

Low-Density Effects (viscous interaction - ) : The influence of low-density conditions or small nose radii on the 
computed heating rates has been documented in the literature (e.g. Refs. 42 and 43). In these situations, boundary- 
layer assumptions fail because the shock layer becomes increasingly viscous, and the boundary layer cannot be 
assumed to be a thin region near the body surface. Computational and experimental results from Refs. 42 and 43 are 
shown in Figs. 17(a) and 17(b). The figures demonstrate that, for decreasing nose radii or density, the computed or 
measured heating rates exceed the value predicted using boundary-layer assumptions. Specifically, the results of an 
engineering code 9 that couples the inviscid and viscous flow are shown in Fig. 17(a) to be in relatively good 
agreement with the equilibrium prediction of Ref. 42 over the range of radii. However, the differences in the 
classical boundary-layer predictions and those of Ref. 42 grow dramatically with decreasing values of the radius. In 
Fig. 17(b), the experimental data from Ref. 43 are obtained over a range of Mach number, test gases and normal- 
shock density ratios. Also, a stagnation-heating correlation 44 is shown. The results of the experimental data as well 
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as of the correlation demonstrate that, for decreasing density, classical boundary -layer assumptions do not predict 
the correct heating levels. While the Shuttle orbiter does encounter a high degree of nonequilibrium flow, thick 
viscous layers were not a driver in the Shuttle design analysis, and boundary -layer methods were used successfully 
as the design tool. However, during a recent investigation of a small vehicle configuration, low-density effects were 
again shown to have a significant impact on heating rate levels (Fig. 18) computed with engineering and CFD codes. 
The figure presents predicted heating rates based on engineering codes using different boundary -layer assumptions 
as well as showing comparisons with CFD results. Initial design heating estimates were based on classical 
boundary-layer assumptions. These results are lower by approximately 35% compared to the results generated by 
VAB using the low-density model in MINIVER. The results from a wide range of other codes are shown to agree 
well with the MINIVER low-density model results. Certainly, the lower rates based on boundary-layer assumptions 
would likely have led to an under-designed TPS. 
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Fig. 16 Nose redesign. 
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Fig. 17 Viscous effects on classic boundary-layer methodology . 


13 

American Institute of Aeronautics and Astronautics 


Heat transfer rate 



Stagnation point 
Sphere r n = 1 .583 ft (1 9 in) 
Equilibrium air (Hansen) 
e = 0.85 


] 


MINIVER 


Low density 

Boundary layer 

O GASP 
A LAURA 
0 ft INCHES 
□ AVSL 

For INCHES, solid symbols for Ping & Pindroh 
transport properties, open symbols are for Hansen 


Transportation properties from Ping & Pindroh 
increase heating 1 5% over Hansen and 
should be used (implemented) in MINIVER 


250 


500 750 1000 1250 1500 
Time, sec 


Fig. 18 Viscous effects on heating predictions. 


Material Surface Property Uncertainties : Two surface properties that influence aeroheating predictions and/or TPS 
design are the emissivity and surface recombination coefficient. The energy radiated from the surface is directly 
proportional to the emissivity thereby reducing the net heat load into the TPS. The recombination coefficient is a 
measure of the material capability to inhibit the recombination of atoms at the surface and thus reduce the surface 
heating in a nonequilibrium flowfield. The material that has the lowest coefficient will experience the lowest 
diffusional heating rate. A desirable combination of properties would be a high emissivity and low recombination 
coefficient. In the recent Shuttle accident investigation, the question “What are the values of emissivity and 
catalycity for the coating on the Shuttle carbon-carbon leading edge?” received the answer “The material is very 
much like Reaction Cured Glass (RCG)”. RCG has a glassy appearance and is the coating used on the windward 
surface tiles installed on the Space Shuttle orbiter. The RCG values of the recombination coefficient and emissivity 
from Ref. 45 were used in the calculations during the accident investigation and are presented in Figs. 19 and 20. 
However, the return to flight activity has again focused attention on the wing-leading-edge calculations. Recent 
discussions have produced an understanding that the appropriate recombination coefficients for the carbon-carbon 
coating are actually listed as C-CAT in Ref. 45 and are presented in Fig. 19. However, the corresponding emissivity 
values from that reference are not shown on Fig. 20. Rather the temperature dependent emissivity values given in 
Ref. 46 are presented in Fig. 20 and are noted as the “design values”. It was stated in Ref. 46 that this set of 
emissivity values were used in the thermal analysis for the radiometer located on the wing spar. Since the emissivity 
values in Ref. 46 were used in the data reduction of the radiometer data to infer wing temperature and heating rates 
at a body location, then it would seem appropriate that the CFD calculations should use the same emissivity data. 
Figure 21 presents the predicted spanwise nondimensional maximum heating rates along the wing leading edge at 
the STS-2 freestream conditions noted on the figure. The calculations are based on two sets of properties for the 
recombination coefficient and the emissivity. One heating calculation is based on RCG properties, and the other uses 
the C-CAT recombination coefficient from Ref. 45 and the emissivity values documented in Ref. 46. The 
differences in the two heating predictions are as large as 13 % in the spanwise heating distributions. At the first 
heating peak that represents the wing-shock bow-shock intersection, the discrepancy in the two results is about 1 1%. 
Note also that the heating distribution along the wing leading edge not only shows a peak at the bow-shock wing- 
shock intersection location but also has a second peak at the wing tip, similar to the results noted previously. It is 
also of interest to note from the figure that the heating rates inferred from radiometer measurements and the peak 
predicted values are not located at the same spanwise location. Also, the radiometer x, z location is not the same as 
any x, z location defining the peak heating-rate distribution lines presented in Fig. 21. The radiometers were 
installed to measure a peak heating at a location on the wing leading edge based on pre-flight wind-tunnel tests at 
relatively low Mach number conditions characterized by non-reacting flow. The highly reactive flow at flight 
conditions has a shock stand-off distance that is much closer to the body as well as a higher shock density ratio than 
at the ground-test conditions. Consequently the wing-shock bow-shock intersection occurs more inboard on the wing 
leading edge than the ground-test results would indicate. Table 1 presents the predicted heating results at the body 
point corresponding to the radiometer measurement ratioed to the flight-inferred measurement 47 . A significant 
difference in the predicted and measured values is noted. Again, the location of the radiometer measurement does 
not coincide with the locations of the peak heating distribution shown in Fig. 21. There are many questions that can 
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he raised based on the results shown in the figure and table, but they are beyond the scope of this paper. Presently , 
there is a substantial effort to produce CFD results using very fine grids, and also a planned experimental program to 
measure the Shuttle wing-leading-edge heating rates over a wide range of Mach numbers and gas chemistry 
conditions. Hopefully, these two investigations will resolve the problem. However, the results in Fig. 21 indicate 
that an effort clearly needs to be made to establish appropriate surface properties for the current Shuttle analysis and 
for any future vehicle design. 



Fig. 19 Temperature dependent recombination coefficients for two coatings 



T, dogF 

Fig. 20 Temperature dependent emissivity for two coatings. 



Fig. 21 Spanw ise distribution of predicted peak heating rates along w ing leading edge. 
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Table 1. Comparison of predicted to measured heating at radiometer location 


Q RCG/^lmeasured 

0.59 

QC-C AT/^measured 

0.53 



Time, sec Time, sec 

(a) Cold-wall reference heating-rate time histories (b) Hot -wall reference heating-rate time histories 


Fig. 22 X-34 design heating trajectory selection. 


Design Trajectory Selection/Tailorina : The development of an aeroheating database for TPS selection and sizing 
requires knowledge of the altitude, velocity and attitude that a vehicle will encounter along its entry corridor. For the 
X-34, members from the AB and VAB branches at LaRC were responsible for providing the aeroheating 
environments 14 necessary for the acreage TPS design. A trajectory was provided to LaRC, and computational efforts 
commenced. As the analysis proceeded, the LaRC team observed that the selected trajectory did not adequately 
represent the worst case in terms of peak heating rate or heat load for predicted hot-wall conditions (ratio of 
computed wall enthalpy to total enthalpy). The selection of the trajectory with the highest heating rate was evidently 
based on cold-wall conditions (the same ratio, but the wall enthalpy is based on 0 deg. R). For an analysis of an 
entry at orbital velocities (high-enthalpy flow), the wall condition should have negligible impact the on the trajectory 
selection, but for a trajectory profile with the peak Mach number of only 7 (low-enthalpy flow), the wall condition 
can make considerable difference. (A similar situation was encountered in the recent X-43A Mach 7 Hyper-X 
thermal design.) The differences in heating rates and loads are shown in Figs. 22(a) and 22(b) for cold- and hot-wall 
conditions 14 respectively. Because time was critical and the analysis could not be restarted, a risk assessment was 
conducted with regard to the adequacy of the resulting TPS acreage design. The following assessments were made. 
Since the peak heating rates for the two time histories presented in Fig. 22(b) are about the same, the blanket 
material selection was not affected by the use of either trajectory. A thermal analysis showed that the TPS design 
thicknesses had adequate margin if the higher heat-load trajectory had been selected for acreage TPS design. 



Fig. 23 Trajectories tailored to the TPS characteristics. 
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Relative velocity, kfps 

Fig. 24 Trajectory envelope for TPS characteristics. 



Fig. 25 Entry trajectory corridor for heating constraints. 

When NASA first started looking at winged entry vehicles in the early 60s. the typical approach was to 
determine the design trajectory first and then design the TPS based on that profile. The advent of winged space 
transportation systems with relatively good aerodynamic performance characteristics provided the flexibility to 
develop trajectories over a broad range of altitude-velocity conditions. Several investigations 48 ' 50 were conducted 
that demonstrated the effect of turbulence on different TPS concepts: the requirements for ceramic versus metallic 
systems; and the interrelationship of several key parameters including heating rates, heat load and vehicle geometry , 
attitude, weight and aerodynamics. Trade studies were presented highlighting the importance of developing a 
trajectory for a particular TPS concept 48 49 as well as the importance of mitigating early boundary -layer transition ' . 
In Fig. 23. a sketch of the trends in heat load and rate are shown for consideration in selecting a low -heat-rate 
(metallic) or high-heat-rate, low-heat-load (ceramic) TPS. Generally speaking, the designer trades rates for loads on 
different entry trajectories. The high temperature capabilities and insulative nature of ceramics drive the designer to 
fly short, deep entry trajectories with high heat rate and low heat load (Fig. 24) whereas the metallic sy stems require 
low-heat-rate but higher heat-load trajectories to stay within the temperature limits. Figure 25 illustrates an approach 
to tailoring a trajectory with the know ledge of several heating constraints'". The upper boundary is the equilibrium 
glide boundary for a given lift loading coefficient and AOA and represents the minimum heating rate-profile that a 
vehicle could fly unconstrained under ideal conditions. The reference heating bound represents the heating profile 
that should be flown to provide the optimal heating-temperature conditions for a chosen TPS. The lower line 
represents a turbulent constraint. The altitude needs to be maintained at or above this limit until velocities are 
sufficiently low such that the temperatures associated with transition at that trajectory condition are within the 
capability of the selected TPS and do not exceed the peak laminar values that generally occur early in the entry-. 
Figure 26 demonstrates the impact of apply ing a metallic hot structure to a trajectory tailored for a ceramic TPS 
compared to a trajectory actually optimized for a metallic hot structure 49 . The metallic materials that can tolerate the 
high heating rates/temperatures of a ceramic TPS trajectory are high-density materials and thus a significant w eight 
penalty would be encountered. Significant heating, and therefore weight penalties, may also be incurred if the 
trajectory is optimized assuming laminar heating only w ithout regard for the occurrence of transition and turbulent 
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flow. Such a situation is depicted in Fig. 27. Peak centerline temperatures over the time of the trajectory are 
presented for two trajectories — one tailored only for laminar heating and the second tailored with an additional 
constraint on turbulent heating. The second trajectory results in significantly lower temperatures since the trajectory 
was tailored to mitigate transition onset. The combined impact of lower temperatures and lower heat loads is 
presented in terms of TPS weight reduction in Ref. 50. It should be noted that the trade was based strictly on a tile 
TPS. Since the temperatures were lower as a result of delaying transition onset, an even greater weight savings could 
have been realized by using a lighter weight blanket TPS. 

Until recently, the iteration to account for transition and turbulent heating in a trajectory development could be 
quite cumbersome. Previously, it was noted in this paper that an analytic method could be determined that represents 
a transition surface for a given value of the transition parameter in terms of the altitude, velocity and AOA expected 
over the vehicle entry corridor 6 ’ 1 . This analytic tool can be implemented in a trajectory code for the optimization of 
a trajectory, and the ensuing benefits are discussed in Ref. 31 . 



Fig. 26 Impact of tailored trajectories on metallic 
hot structure mass requirements. 
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Fig. 27 Impact of laminar and turbulent trajectories on a 
ceramic TPS peak temperatures. 


B. Integration of Tools for Aeroheating Design 

This section provides an example of the integration of experimental and computational (engineering and CFD) 
efforts to produce a high quality detailed aeroheating database 14 sufficient for the contractor to design the X-34 
acreage TPS. The contractor required time-dependent heating environments at small time increments to perform the 
TPS thermal analysis. The environments generated by LaRC were used to select and size the acreage TPS as well as 
determine the TPS split lines. Due to time and resource constraints, it was not possible to populate the entry 
corridor with a large number of high quality heating solutions and then interpolate the resulting database for a 
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specified trajectory. The selected approach first verified MINIVER with experimental data and then with the results 
of higher level heating predictions. The comparisons show n in Figs. 28(a-c) represent key results of that verification 
effort. It can be seen that the MINIVER code results are in good agreement with the experimental results (Fig. 28(a)) 
and detailed predictions (Figs. 28(b) and 28(c)). Several trajectory times were then selected based on peak heating 
for ascent and descent, w indward and leeward, and to represent the AOA and Reynolds number range. Heating rates 
were computed at two of the selected times using LAURA in Ref. 36 and at all the selected times using LATCH in 
Ref. 51. These results were used to benchmark the MINIVER code that was then used to provide the required time- 
dependent trajectory environments. The process is illustrated in Fig. 29 along w ith the equation used to provide the 
heating rates at small time intervals. In a clockwise direction, the first figure (upper left) represents a MINIVER 
predicted heating time history at a centerline body point. MINIVER was then compared with the LATCH centerline 
results, and augmentation factors at 14 body stations were computed. These factors were obtained at several of the 
trajectory times for which LATCH results were available. The next step was to obtain off centerline augmentation 
factors at each of the selected trajectory times by forming ratios of local LATCH heating rates at a cut plane to the 
corresponding centerline value. Prior to producing the heating at all the small time intervals at approximately one 
hundred body locations, an attempt was made to verify the analysis tool. For a selected trajectory time at which the 
LATCH results were available but were not used during the development of the engineering technique, the 
MINIVER heating rates were predicted with the equation given on Fig. 29 and the freestream conditions noted on 
Fig. 30. These results were compared with the LATCH results along the centerline and several cut planes. A good 
comparison of the heating results is show n in Fig. 30. This comparison provides the confidence that the engineering 
methodology 14 was more than adequate for providing the required heating environments over the X-34 surface. 




Fig. 28 MINIVER X-34 heating comparisons. 
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(c) LATCH results. 

Fig. 28 MINIVER X-34 heating comparisons (cont’d). 
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Fig. 29 X-34 Aeroheating design methodology. 


20 

American Institute of Aeronautics and Astronautics 


e = 08 MINIVER 



Fig. 30 Verification of MINIVER X-34 aeroheating methodology. 

IV. Concluding Remarks 

The paper presents a perspective on aeroheating issues that can be significant to the design of a Reusable Launch 
Vehicle. The issues included computational and experimental topics, such as boundary -layer transition, shock- 
shock interactions. Outer Mold Line shaping, low-density effects, uncertainties in material surface properties, and 
factors in design trajectory selection. The discussion of the issues focused primarily on the relevant information that 
can be obtained when appropriate tools are employed in an investigation. A discussion of a procedure used to 
produce an aeroheating database for Thermal Protection System design was also presented. The paper highlights the 
importance of properly utilizing and integrating all available data/predictions (experimental. CFD. and engineering) 
to obtain a reliable aeroheating database, suitable for successful RLV TPS design. While it is noted that all of the 
issues reviewed in the paper can ultimately affect a RLV design there were two topics that were especially 
noteworthy. One is the experimental result showing that a turbulent boundary layer upstream of a deflected flap 
may not represent peak heating conditions for the flap and thus could impact the TPS flap design. The other topic is 
the development of an analytical method using a transition indicator over the trajectory space of an entry' vehicle. 
This analytical tool has been shown to aid in shaping trajectories to delay the boundary -layer transition. The 
application of this tool should produce savings with respect to material selection, weight and cost. 
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